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Inviscid-Viscous Interaction in Transonic Flows
about Finite Three-Dimensional Wings

W. Kordulla* )
NASA Ames Research Center, Moffett Field, Calif.

In order to include viscous effects, the inviscid small-distarbance solution of Bailey and Ballhaus for three-
dimensional transonic flows has been combined with a finite-difference solution for Prandt!’s boundary-layer
equations. This solution employs the conditionally stable, implicit Krause scheme to cope with the domain-of-
dependence problem for reverse cross flow. To be consistent with the inviscid-flow solution, the boundary layer
is computed in the representative wing planform plane, which is transformed into rectangular shape in the
compautational domain, The flow has been assumed turbalent, and a scalar eddy viscosity model is adopted. The
interaction hetween inviscid and viscous flow is modeled with the displacement sarface, which is added to the
geometric wing shape. Sample distributions.of displacement thickness for swept wings are presented for weak
and strong interaction cases. The displacement: concept is shown to work for weak interaction on a nonlifting
rectangular wing. The strong interaction on the ONERA M6 wing at an angle of attack of 3 deg can only be
handled if the nonconservative method is used for the inviscid flow. The use of the correct fully conservative

method needs further investigations wjlh respect to the modeling of shock boundary-layer interaction and’

separation.

Introduction

ONVENTIONALLY, the design of transonic wings is

based on many hours of expensive wind-tunnel tests. The
overall cost of development can, however, be reduced con-
siderably if comparatively cheap theoretical methods can be
used in conducting parametric studies of the wing per-
formance before a model is built and finally tested in the wind
tunnel. It is, therefore, highly desirable to develop reliable
and efficient methods to predict the transonic flowfield about
three-dimensional (3-D) wings.

Recent literature'” has shown that, in many cases, inviscid
theory alone can be used to efficiently predict transonic
flowfields about 3-D finite wings with reasonable accuracy. In
some cases, however, the poor agreement between predicted
and measured pressure distributions points to the importance
of viscous effects such as shock wave boundary-layer in-
teraction, trailing edge separation, and wake curvature. The
appropriate means for predicting these effects, the solution of
the Navier-Stokes equations, has been quite successful for
two-dimensional airfoils in spite of crude turbulence
modeling.® However, due mainly to the lack of sufficient
computer power, there is no such solution available for 3-D
wing configurations. A less costly alternative is to correct the
inviscid solution for viscous effects by combining it with a
boundary-layer solution via the displacement surface.
Although recent investigations have shown that an accurate
prediction of the inviscid-viscous interaction in the immediate
neighborhood of shocks and the trailing edge requires a
sophisticated three-layer modeling of the flow,”® combined
inviscid boundary-layer solutions have been successful in two
dimensions®'! for high Reynolds number flows where the
critical regions in question are sufficiently small to be
neglected.
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The present work extends the coupling of inviscid and
boundary-layer solutions to 3-D transonic flows about finite
wings, where a finite-difference solution for Prandti’s
boundary-layer equations is coupled with the Bailey-Ballhaus
small-disturbance relaxation method for the -inviscid flow.
Coupled. inviscid boundary-layer solutions are also being
developed at FFA and Dornier,'? where an integral boun-
dary-layer method!? is being used. Although integral methods
require less computation time than finite-difference methods,
they present difficulties in defining appropriate profile
families for reverse crossflow.!* Finite-difference methods
have no such difficulty and thus are preferred here.

To be consistent with small-disturbance theory, the
boundary-layer computation is carried out in the planform
plane of the wing, thereby neglecting curvature terms. This
assumption is supported by the good agreement between
predicted and experimental values of boundary-layer profiles
and wall shedr stress for infinite swept-wing flows when
curvature terms are neglected in the governing equations. !>
For an incompressible laminar boundary layer on an un-
cambered wing, it has been shown!” that neglecting curvature
terms does not significantly change the solution away from
the leading edge.

To be further consistent with the inviscid solution, the
planform plane of a swept wing with finite tip is transformed
into rectangular shape in the computational domain., The
transformed boundary-layer equations are integrated with the
conditionally stable Krause scheme.'®?® This scheme has thé
advantage of maintaining the domain-of-dependence con-
dition for reverse crossflow, without having to reorient the
difference molecule when the spanwise flow changes direc-
tion. The Krause scheme has been applied successfully by
different users for the computation of 3-D boundary layers
on, for example, blunt bodies,?’ in the stagnation point
region of blunted cones,?? on pointed cones,? and on
spinning cones?* at angle of attack.

Following its successful application by othersg“ in two
dimensions, the 3-D displacement surface is assumed to
couple the boundary layer and inviscid flow regions with
sufficient accuracy. The displacement surface itself is ob-
tained from a partial differential equation involving integral
boundary-layer parameters. The modeling of the inviscid-
viscous interaction is applied here only to the flow over the
wing surface. The treatment of the wing wake, with its in-
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fluence on lift for attached flows, is postponed to later work.
Fer the results presynted in this paper, it is assumed that the

ol ds stresses approx1mated by Cebeci’s scalar eddy
scosity model. Due to the thin layer near the leading edge,
wvever, the flow is practxcally laminar at that point, As the
st ¢ of transition is still being investigated,?® no attempt
has been made to examine the influence of the location of
ion regions., Furthermore, recent measurements of
ansition on swept wings at angle of attack?® show that the
ionly made assumption of transition occurring along a
f constant chord is suspect.
;5;' a discussion of the boundary-layer equations, the
-difference solution, and the procedures involved in the
i-viscous interaction, examples of displacement
ness distributions for lifting and nonlifting flows about
t wings are given, Finally, the influence of viscous effects
e predicted pressure distribution is shown for the
ting flow about a rectangular wing and for the flow
a swept wing at an angle of attack of 3 deg.

('

Boundary-Layer Equations
he boundary layers developing on isolated wings, except
¢ immediate neighborhood of the tip, are of the boun-
sheet type, where viscous diffusion is considered only in

dun Y

the direction normal to the wall. Prandtl’s boundary-layer -

equations in Cartesian coordinates are valid if the curvature
3*’ the surface is assumed small everywhere compared to the
i ‘x‘dary Iayer thickness. This is valid except close to the
E qng edge, !’ where the curvature of a wing surface is

iC trdnsfermatlon of the wing planform into rectangular
pe in the computational domain introduces nonorthogonal
rdinat es, which are lines of constaflt chord and constant
1 {Fig. 1). The transformation is!

E=—xip (e~ (M x=Ec(g) +xpe{n)
K=y y=n
{=z z=¢ (f)

¢ ¢ is the local chord length. The angle between the new
niates {see Fig. 1)is given by the relation

cosf=x, (x2+y2) % 2

7 = const x

AN

x - xgly)
Cly)

£=

n=Y

Fig. 1 Planform view of an isolated wing.
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Only the independent variables are transformed in the
boundary-layer equations.

Straightforward use of Egs. (1) and (2) leads to the new set
of governing equations with

§,=—tx,=—c " cotd
Continuity:
c~T[{pu); —cotf (pv) 1+ (ov), + (pw) =0 (33)
X-momentum:
Lu+c™'p, =0 (3b)
y-momentum:
Ly+p, —c cotdp, =0 (3¢

Energy:

LT— (k=1 uc™'p.+v(p,—c ‘cotbp;)1/k

—pulk— DML ()’ + (v )?1=0 (3d)
where
L= { 0t0)i+ 9 +{ w— (ap) 9 i
=c~p(u—vc T pv 0 op S-} at cxpag_z

and o = Pr~/ for the energy equation and « = 1 otherwise.

Equations (3) describe turbulent flows in terms of time-
averaged mean quantities. All variables are made non-
dimensional with freestream values and with the chord length
cp of the wing root. Stretching with the square root of the
freestream Reynolds number is applied to the coordinate and
velocity component normal to the wall. Pr is the Prandtl
number and, for convenience, is set constant for laminar as
well as turbulent flows (here, 0.85). The isentropic exponent k
is the ratio of specific heats for thermaily perfect gases. It is
also assumed that the gas is calorically perfect.

In laminar flows, Sutherland’s viscosity law is adopted. In
turbulent flows, the scalar eddy viscosity model of Cebeci?’*®
is assumed to approximate the Reynolds number stressed with
sufficient accuracy. Although it is well known that velocity
gradient and shear stress are not collateral,?®*® the eddy
viscosity is taken independent of the direction. More
sophisticated turbulence closures could be incorporated, but
they are still in the development stage.

Adiabatic and isentropic relations are used to compute
temperature and pressure from the velocity components
supplied by the inviscid solution. This can be shown to be an
exact solution of Egs. (3) at the edge of the boundary layer.
The wall boundary conditions are Stokes’ no-slip condition
and an adiabatic wall.

The definition of initial conditions completes the
mathematical formulation. As with most 3-D boundary-layer
methods, initial data are required in two planes. For isolated
wings with a symmetry plane (y =0), quite accurate conditions
can be prescribed in the planes =0 and £ =0, and also at the
stagnation point p=£=0 (Fig. 1). Consistent with small
perturbation theory, the stagnation plane is assumed to
coincide with the plane {=0. The equations that yield the
initial conditions are derived from Egs. (3) by taking their
limit for 5 —0 or £ —0 or both (symmetry plane and stagnation
point equations).

Finite-Difference Solution of
the Boundary-Layver Equations

The finite-difference methods for turbulent boundary
layers encounter the problem of a rapidly increasing domain
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of n.tPgrauon related to the growth of the boundary layer in
the streamwise direction. Before integrating the boundary-
layer equations, therefore, one may consider a transi formation
that gives an approximately constant domain of integration
normal to the wall, in spite of the fast-growing turbulent
boundary layer. Cebeci et al.’! and Blottner, 32 for example,
recommend the similarity-type transformation which is very
efficient for laminar flows, because the value of the trans-
formed wall-normal coordinate at the boundary-layer edge
remains approximately constant. For turbulent flow, this
value increases rapidly®* and a highly nonuniform mesh with
‘arge geometnc progression is neeeded to keep the number of
points in a reasonable range. Nash and Scruggs,® on the
other hand, use physical variables and scale the wali-nor
coordinates with some function of the boundary-iay
thickness. The present boundary-layer solution has not in-
corporated a particular scaling, other than with the sg
root of the Reynolds number, and uses 2 nonuniform mesh
with geometric progression.

Finite-difference solutions for boundary-layer equations in
three dimensions have to take special care of the domian-of-
dependence  condition, 722233 A method formulated
implicitly in the direction normal t¢ the wall and marchin
pointwise in the spanwise direction is not stable and accurate
unless it is upwind-oriented with respect to the crossflow. For
this reasen, the second-order accurate Keller box scheme used
by Cebeci et al.?! must be reoriented when negative crossflow
is enccuhteied. In principle, this reorientation problem
disappears only when the solution is fully implicit in the
spanwise plane. In their first-order accurate, alternating-
direction-implicit scheme for the spanwise infegration, Nash
and Scruggs® improve stability by using upwind differencing
for the spanwise and also wali-normal first derivative.

Here, the finite-difference solutiorz of the boundary-layer
equations is based on that of Krause® and Krause et al. ¥ The
advaniage of the impilicit Krause scheme®® consists of its
ability to march pointwise with conditional stability against
crossflow. 182124 With the exception of the spanwise
derivative, the scheme (Fig. 2} involves Crank-Nicholson

differencing. For Cartesian coordinates, Krause et al.'® have
demonstrated that the scheme can handle a change of flow
angle of 135 deg across the boundary layer, if the step sizes in
This feature,
ul_y7 one initial con-
disad-

the directions parallei to the wall are equal.
which also requires the prescription of
dition for the spanwise integration, dominates the

vantage that, at the end of the spanwise integration, some
aite_ t= fechquae has to be ci“;;.i{)ye“ in order to prev
dom or integration from shrinking when marching in the

e direction. Here, extrapolation has been used. A
combination with respect to the exirapolated value sf

order extrapoiauvn is preferred to a third-ord
I n along lines of constant chord. Althoug i" a new,
fully i pth solution is currently under development, the
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Fig. 2 Krause scheme in rectanguiar compuatational mesh,
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pointwise marching Krause scheme is preferred for these
initial interaction investigations because of the ease with
ich one can locally modify the inviscid boundary con-
s for the boundar y-=aver solution, as necessary.

on Neumann stability analysis¥® for the linearized Egs.
3 yie!ds the condition 18

v{u—vcotdy ~feAt sy =~

-

4)

Equation {4) insures stability if the domain-of-dependence
condition is not violated.
For constant step sizes in the 5 and { directions, the Krause
cheme is second-order accurate: 0[{(An)? + {cAE)? + (AL)?].
It is, however, desirabie to use variable step sizes in order to
reduce the computational effort. It is then known that second-
order accurate discretization of second derivaiives requires
the difference of adjacent siep sizes (Ag'z Al;}-to be of the
order of their product A{; -A{,. The finite-difference ap-
proximation of the first y-derivative shows a similar patiern.
if one chooses to approxzmaie the n-derivative at the point
{i—1/2, j,k) in Fig. 2 by the average of the y-derivatives at (7,
F—1/2,k} and at point A in Fig. 2, then an error 0{ay, — An;)
follows, due to the two-point interpolation of the values at
point A. i
The verification of numerical techniques by comparing
solutions with experimental data is important. Unfortunately,
no boundary-layer investigation data on 3-D transonic finite
wings are available. !* In addition, when different theoretical
techniques are compared, care must be taken that the external
boundary conditions are the same. An arrangement such as
the Trondheim trials,? which compared different prediction
methods for incompressibie turbulent infinite swept-wing
flows, would be of great use with respect to code testing.
As the field calculation of the present method is based on
the code written and tested in 1968 for laminar flows, %% and
ecause other authors?'? have demonstrated the correctness
and applicability of the scheme for laminar and turbulent
flows, a check of the entirely new parts which concern the
initial conditions would have been sufficieni. The stagnation-
point solution has been checked against Libby’s theoretical
data # and the two-dimensional solution for the initial
tions has been compared with experimental data for
simensional flows about suberitical®l and supercritical #

ai . Changes in the mgarx,zatzorx of the code, hewc—vez,
re d further checks for the field calculation. Due to th
ia established experimental and theoretical data for 3 D
transs. ¢ wings, three checks have been performed. One used
the solution obtained with the ordinary rectangular 4-point
scheme?’ to compare with. Another check was based on a

quasi-two-dimensional solution with large, favorable pressure
gradient. To enable a check, the axis had been turned by 45
deg, such that a fully 3-D problem with strong gradients in
both tangential directions resulted. A final check was made by
comparing solutions obtained from Eqs. (3) and from fully
transformed equations'’! with curvature terms in the
chordwise direction neglected. These comparisons ensursd the
correctness of the solution,

Procedure of Inviscid-Viscous Interaction

As mentioned earlier, the inviscid-viscous interaction i
modeied by using the displacement surface, which reflect Ehe
influence of the wing boundary layer on the oncoming in-
viscid flow as new boundary condition for the inviscid-flow
computation. Because it determines the external boundary
conditions for the boundary-layer calculation, thé new in-
viscid fiowfield feeds the viscosity influence back to the
bsund ary laver. This interaction concept results in an iterative
procedure, which, for transcnic flow, has global character
due to the mixed elliptic-hyperbolic character of the inviscid

of the interaction v

b
the
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tip on lower and upper surface in successive iterations. In
addition, integrated quantities such as lift, moment, and drag
are checked. A relative change of typically 2% is assumed to
indicate a converged solution. To avoid osciliations of C,, the
displacement surface introduced into the inviscid code is
underrelaxed with a typical factor of 0.5.

The 3-D displacement thickness 6* is well known to be the
solution of a partial differential equation in contrast to mere
quadrature in two dimensions, 404344

[ou) (8% =83 I; +LI(o0)  (8*=81)1=0 (5

where L= —cotf 3/0f+c 3/dy. Equation (5) is integrated
using the Krause scheme after the boundary-layer profiles
have been determined.

In cases with sirong inviscid-viscous interaction, the
boundary-layer solution may predict separation. The ap-
propriate means to take care of this situation with boundary-
layer equations is to define the region of separated flow and
then to model the displacement surface in that region. In three

dimensions, the definition of separated flow regions requires .

quite sophisticated programming and bookkeeping. Here, a
simpler approach is chosen, where the external boundary
conditions at each point are adjusted such that separation is
circumvented. As soon as the chordwise wall shear stress turns
negative, the velocity component u, is increased by a certain
percentage of the difference between its original value and the

value one step ahead. Then, the chordwise integration step is .

repeated and the wall shear stress checked again. This
procedure is repeated until the wall shear stress becomes
positive. If the adjusted u, value becomes larger than its value
at one step ahead, the program stops.

The initial inviscid solution often causes the boundary layer
to separate prematurely. One method for preventing the
initial boundary layer from separating consists of smoothing
the given u, disiribution before the boundary-layer in-
tegration is initiated. The smoothing consists of taking the
average of u, and of its value extrapolated from the two
neighboring points. In the course of the inviscid-viscous
iterations, the smoothing would be reduced and, if necessary,
the adjusting procedure employed.

The Bailey-Ballhaus method used for the inviscid-flow
prediction is available with either fully conservative (FCR) or
nonconservative (NCR) relaxation. The conservative dif-
ferencing insures that captured shock waves satisfy the shock
conditions contained in the inviscid governing equation. This
is not the case for nonconservative differencing. While FCR
predicts shock waves that are too strong compared with
experimental data, NCR coincidentally captures shock waves
that are in better agreement with experimentally determined
shock waves. Because the NCR method gives weaker shock
strengths, it is sometimes advantageous to start on FCR
boundary-layer combination cases with the NCR solution.
Both FCR and NCR use scheme 3, explained in Ref. 3, which
has been shown to better capture swept shocks.

Distribution of Displacement Thickness
on Swept Wings

As the displacement thickness is the salient ingredient in the
inviscid-viscous interaction model, some displacement
thickness distributions are given for two supercritical flows
about swept wings. One flow is an example for weak inviscid-
viscous interaction, while the other flow is characterized by
strong interaction. The inviscid flowfield is obtained by the
NCR method, with the pressure calculated from both the
chordwise and spanwise velocity components. This inviscid
pressure formulation is consistent with the boundary-layer
method, which uses the inviscid u and v velocity components
to specify the eéxternal boundary conditions.

The boundary-layer method uses a computational mesh of
115x 23 x 70 (average value) for the first and of 130 x23x 75
{average value) for the second flow in &, », and { directions.
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Twenty percent of the chordwise points are employed on the
first 5% chord. In comparison with the mesh used by Hirschel
et al.!7 for laminar incompressible boundary layers on swept
wings, the present mesh is chosen coarse. This was done
because emphasis is put on the applicability of the
displacement surface concept, and because the displacement
thickness is fairly insensitive to small oscillations that may
result from too large step sizes. The inviscid flowfield about
the symmetric RAE 101 A wing at M., =0.9 and zero angle of
attack poses no serious problem, such as separation to the
boundary-layer method, because strong shocks are absent.

2
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°r Recy, = 1.2 108

yier =0

¢ ' 0.9859

Fig. 3 Inviscid chordwise velocity distribations and predicted
displacement thickness for the RAE wing,
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Fig. 4 Inviscid spanwise velocity distribations and predicied
displacement thickness for the RAFE wing.
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Figures 3 and 4 present the variation of displacement
thickness 6* in chordwise and spanwise directions together
with the Cartesian velocity components. The chordwise
distribution of 6* along y=0 exhibits the typically steep in-
crease at the location of the weak shock (Fig. 3). Close to the
trailing edge, 6* increases further due to the recompression on
the rear part of the wing. In the plane closest to the wing tip,
the steep increase of velocity and the subsequent smooth
recompression result in a moderate, nearly linear increase of
6%, For £=0.51 and 0.71, steep decreases in spanwise
direction of the chordwise velocity component u, are noticed
in Fig. 4. These decelerations correspond to the swept shock
and generate increases of §*, such that a spanwise maximum
of 8* close to the plane y =0 develops with increasing ¢ (Fig.
4). Away from the maxima, §* decreases smoothly in the
direction of the tip, while the decrease toward the symmetry
plane is rather steep.

Along y=0, §* develops a sharp minimum with increasing
£, which can be explained as a three-dimensional effect caused
by the variation of the spanwise gradient of the spanwise
velocity component (flow divergence and convergence).
Equation (5); which describes the change of 6*, also allows
negative values, which are quite unlikely to occur in attached
two-dimensional boundary layers.

The assumption of locally infinite swept-wing conditions
{for constant span, the correct boundary conditions are used
while the n-derivatives in Egs. (3) are neglected) along the tip
or root is often used to generate initial conditions for the
spanwise integration. The Krause scheme enables one to check
these assumptions in the case of an isolated wing. The RAE
101 A wing, however, cannot be regarded as a severe test case
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NCR o 1.4469 :
g RESULTS T ApjusTeED !
——— SMOOTHED i
s l . f i
12r
ONERA M6 (9.8%) / i E
M, =00.92 1.4469 / :
a=3 I
‘\LE = 30" . / [
8} TR = 0.5377 / !
5 . cg = 805.9 mm / i
cg 10 yrip/cR = 1.484 /
Rec, = 3.25 10° / ‘
ab d A
i
1
i
o — , ; —
{
y/icr =0 i
&
]
4 ) ) . I
o 25 50 75 / 1.00
: 0.9488

Fig. 5 Inviscid chordwise velocity distributions and predicted
displacement thickness for the ONERA M 6 wing (upper surface).
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because the spanwise convection and, therefore, the domains
of influence, remain small.

The flow about the ONERA M 6 wing® at an angle of
attack of 3 deg and for M, =0.92 is more difficult to predict
because strong swept shocks are present that induce
separation. In addition, the spanwise component of the
velocity is no longer small compared with the chordwise
component, such that, near the tip on the upper surface,
stability restrictions are imposed on the chordwise step size
due to Eq. (4). A coarse mesh in the spanwise direction was
adopted in order to avoid such stability restrictions. The fully
implicit method, currently in development, will be free of this
kind of restriction.

As mentioned earlier, smoothing or adjusting procedures
are used to circumvent a breakdown of the boundary-layer
calculation due to separation. Figure 5 presents chordwise
distributions of u, and v, and corresponding §*. Ap-
proximations of u, are shown that result from heavy
smoothing over about the aft 60% chord of the wing, or from
adjusting u,. It is noted that the inviscid NCR solution em-
ployed a coarse mesh beyond 60% chord, which caused
considerable smearing of the shock. Compared to the &*
distributions for adjusted u, values, the effect of heavy
smoothing of u, is less dramatic than expected close to the tip,
while at mid-semispan, separation is prevented. The
prediction still signals separation in the streamwise direction
close to the tip, which is overcome by adjusting u, adequately.

The regions of steepest increase in 6* correspond to the
locations of predicted separation. The solution along y=0
predicts negative values for 6*, due to the variation of flow
divergence and convergence inside the boundary layer in that
symmetry plane. Stock!® predicted negative 6* close to the
wing root for one case, tco, using an integral method. The
swept shock can at £=0.6 and 0.85 clearly be traced in the
distributions of u, and .

In contrast to the RAE wing calculations, the assumption
of locally infinite swept-wing flow has a considerable effect
on 8* with respect to the finite-wing solution (Fig. 6). Close to
the root, its influence is again restricted to a narrow region
because of the small spanwise convection there. Due to large
negative crossflow (Fig. 5), the regions of influence are wider
close to the tip. Under infinite swept-wing conditions, no
adjustments are necessary and separation is not predicted.

Results for the Inviscid-Viscous Inferaction
Two transonic flow cases are investigated, one about a
nonlifting rectangular wing and the other about a swept,
lifting wing. The nonlifting flow about a rectangular wing
(NACA 63 AQ06 profile) at M, =0.9 and Re_=3x10° was
investigated first, in order to check the displacement surface
concept.
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g Yyip/Cr = 1.484 / / ‘

Rec, =3.25 10° |

4+ cr / |
t

————

|

|

1

{

—— ADJUSTED &, APPROX.\/

——— LOCALLY INF. SWEPT WING APM
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Fig.. 6 Influence of locally infinite swept-wing assamptions on the
displacement thickness for the ONERA M 6 wing (upper surface),
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Fig. 7 Comparision of predicted inviscid and viscous C,
distribations for a rectangalar wing. )

This flow is not strongly three-dimensional, because the
maximum of the inviscid spanwise flow is roughly 6% of the
freestream value and the shock is only slightly swept, but it
does exhibit 3-D features such as reverse crossflow. Also, due
to the tip and the swept shock, the isobars are not parallel to
the leading edge. Figure 7 compares results of the purely
inviscid NCR and FCR solutions with those obtained by the
viscous FCR solution. Because of the viscous influence, the
shocks predicted by the FCR method move upstream com-
pared to the locations predicted by the purely inviscid FCR
solution, and come close to the shock locations obtained with
the purely inviscid NCR solution. It is encouraging to find the
predicted pressure coefficients close to the NCR results
because, in general, these happen to give better comparison
with experiment. As expected, the displacement effect is felt
only in the immediate neighborhood and aft of the shock
wave. The interaction seems to be sufficiently weak to be
captured by the displacement surface concept. Six iterations
were needed to obtain convergence for a displacement
relaxation factor of 0.5. Lower values of this factor increased
the number of iterations. -

Figure 8 compares predicted with measured C, values for
the mid-semispan station, where the influence of the fuselage,
present in the experiment,* is negligible. The comparison is

rather delicate (see also Ref. 1), because it is unusual that the -

commonly used NCR solution (the small-disturbance as well
as the full-potential solution!) predict the shock location
more upstream than observed in experiment. The complete
reason is not well known. One reason is that the built wing has
a shape sufficiently different from the exact NACA profile?’
used -in the prediction. Another is indicated by Bailey and
Ballhaus, ' who estimate that the disagreement may be caused
by the test Mach number being slightly higher than 0.90.
Finally, the influence of the porous wind tunnel walls at that
high Mach number is not well known. The trailing-edge
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Fig. 8 Comparison of predicted and measured C,, distribations fora
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comparisen, however, is predicted very well with the NCR
scheme. The fact that the inviscid FCR solution predicts a
shock location fairly close to the experimental one, which is
unfortunately only poorly defined, is meaningless because
viscous effects are completely neglected. These are expected to
move the inviscid shock upstream. This behavior is predicted
by the viscous FCR solution, thereby approaching the resuits
obtained with the NCR solution. In spite of the difficulties
associated with the comparison in Fig. 8 it is therefore con-
cluded that the displacement thickness concept is valid.

The second case, transonic lifting flow about a swept wing,
is of more practical interest. Although the ONERA M 6
wing® is not a typical supercritical wing, *® it has been chosen
because of the large amount of numerical inviscid data
available at Ames.

Figure 9 compares C, distributions for this case as
predicted by FCR and NCR methods with experimental data.
Shock positions and strengths vary considerably, depending
on whether NCR or FCR is used. The inviscid solutions
retain, as mentioned earlier, additional terms in the governing
equation (scheme 3 in Ref. 3) and have been shown to improve
the capturing of swept shocks in the M, =0.84 flow case at
the same angle of attack. Therefore, it is surprising that the
weak shocks between 20 and 40% chord, shown in Fig. 9, are
not predicted. A comparison calculation, performed with the
Jameson® code, which solves the full potential equation in a
nonconservative fashion, confirms the Ames’ results. There
are several possible causes for the disagreement; for example,
dissipation or too coarse a grid in the inviscid method or the
measured C, values could be influenced by tunnel wall in-
terference.

In order to avoid a breakdown of the viscous flow solution
due to chordwise shock-induced separation when coupled
directly with the FCR solution, the combined computation
was first carried out with the NCR version. The global
iteration started with the original inviscid results presented in
Fig. 5. Although the boundary conditions for the viscous
solution were initially smoothed even more than is shown in
Fig. 5, the pressure distributions, obtained in the course of
iteration cycles, induced separation on the aft portion of the
wing. In addition to the smoothing and adjusting procedures
described earlier, the displacement surface slopes had to be
limited where separation was predicted, because the gradients
near the trailing edge would otherwise be too steep and thus
induce strong expansion in the inviscid solution instead of the
measured recompression.

Figure 10 compares inviscid with viscous NCR predictions
of C,. An improvement in shock position and strength due to
the addition of viscous effects can be secen on the. upper
surface. The situation on the lower surface can possibly be
improved when the Kutta condition is replaced by an ap-
propriate - wake shape, thus influencing the Ilift. The
displacement bump due to a shock moves the shock upstream
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when incorporated as a fixed boundary condition for the
inviscid flow. It may be more advantageous to infroduce a
viscous ramp, a wedge located at the base of the inviscid
normal shock which converts the normal shock into an
oblique shock with decreased shock strength.* In the inviscid
solution, such a displacement ramp would be floating with the
shock wave, thus allowing more freedom to move for the
shock within the purely inviscid iterations. In this context, it is
noted that it is necessary to start the NCR solution from
scratch in order to make it unique. If, for example, the
solution is initiaily based on converged FCR results, the NCR
method will yield shocks that are too strong. The FCR
solution, however, is considered unique.

The combined FCR boundary-layer solution started with
the results presented in Fig. 10. Although the number of
inviscid iterations between adding the displacement surface
was kept low (50) to prevent the gradients from steepening too
rapidly, it was rather discouraging to see the shocks moving
away from experiment toward the converged inviscid
jocation, resulting in a poor improvement over the purely
inviscid solution. The interaction is obviously too strong to be
modeied properly by the displacement surface concept the
way it was done here,

INVISCID-VISCOUS INTERACTION IN TRANSONIC FLOWS

- presented for the nonlifting flow about the RAE 101 A wi
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Concluding Remarks

initial results of a combined inviscid-viscous solutic
transonic flows about 3-D isolated wings are gres\.rtec'
improved inviscid small-disturbance sclution of Bailes
Balihaus? has been coupled to 2 pointwise marr‘hirg i i
finite-difference viscous solution that takes advantage of the
Krause scheme to cope with the domain-of-dependence
problem. This scheme allows one to check the commonly
adopted assumption of locally infinite swept-wing filow to
generate spanwise initial conditions. As expected, the error
due to this assumption becomes largest close to the wing tip
when large negative crossflow is present.

Sample distributions of displacement thickness are

ins
at M =0.9 and the flow about the ONERA M 6 wing at a
angle of attack of 3 deg for M, =0.92. For the
predicted separation, the inviscid flow data are
smoothed or the main stream component is adjusted such
the calculation can just proceed.

For the nonlifting M, =0.9 flow about a rectangular wing
with 6% NACA profile, it is shown that the combined FCR
boundary-layer solution works. For the M, = 0.92 flow about
the ONERA M 6 wing at an angle of attack of 3 deg,
reasonable results have been obtained for the combined NCR
boundary-layer solution only. Although the viscous FCR
solution used these results as initial conditions, the computed
pressure distributions moved more and more toward the
purely inviscid values and a poor improvement was obtained.

'3"('0
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This suggests that more sophisticated modeling is needed for
the displacement thickness in regions with separation; that is,
for the case of strong interaction. The idea of a viscous ramp
floating with the shock while incorporated in the inviscid FCR
solution promises some relief for the shock boundary-layer
problem, aithough it still needs more calibration. Where
possible, future investigations should include the influence of
the wake, as is done in several two-dimensional
calculations, !
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